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Transition of Subsonic and Transonic Expansion-Corner Flows
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National Cheng-Kung University, Tainan 711, Taiwan, Republic of China

A naturally developed turbulent boundary layer past convex corners was studied. Attention is on the transition
of subsonic and transonic expansion � ows. Convex-corner angle ® ranges from 5 to 20 deg, and freestream Mach
numbers M1 are 0.33, 0.64, and 0.83. Reynolds numbers based on the incoming boundary-layer thickness Re±±0

are 10.0, 14.9, and 16:8 £ 104 , respectively. Transition of subsonic and transonic expansion-corner � ow is observed
at M2

1 ® = 6.14. The sudden expansion near the corner is also scaled with this parameter at M 1 = 0.64 and 0.83,
but not for M 1 = 0.33.

Nomenclature
C p = pressure coef� cient, (pw ¡ p1 ) /q 1
M 1 = freestream Mach number
p = pressure
q 1 = dynamic pressure
Re = Reynolds number
U = velocity
x = coordinate along the surface of the corner
x ¤ = normalized streamwise distance, x / d 0

a = convex-cornerangle, deg
d 0 = incoming boundary-layer thickness (x = ¡ 35 mm)

Introduction

A IRCRAFT designs have employed � aps for takeoff and land-
ing performance and ailerons for routine turning maneuvers.

With developingtechnologyin transonicaerodynamics,the aerody-
namists began with in-depth studies of camber optimization in the
1970s. A previous study indicated that active modi� cation of con-
trol surfaces potentially could play a role in performanceoptimiza-
tion for � ghter aircraft and current- and future-generationtransport
aircraft.1 De� ected control surfaces, such as � aps and ailerons, can
be used in combination to provide variable-camber control during
cruise � ight. In general, increasing camber at the trailing edge of a
transonicwing could result in higher lift at constant angle of attack,
higher buffet boundary, and increasing pitching moment. A study
by Szodruch and Hilbig2 further indicated that the critical Mach
number, onset of boundary-layer separation, and drag are strongly
related to the de� ection of control surfaces (or camber). However,
a conventional highly loaded transonic airfoil usually has a large
supersonic region, a general tendency toward strong reexpansion
downstream of the shock wave, and a steep pressure gradient near
the trailing edge. The boundary layer is weakened considerably so
that small de� ection of � aps can evoke separation.3 Thus although
de� ection of control surfaces can be used to obtain maximum per-
formance of an aircraft, there exists a great deal of uncertainty re-
garding the allowable de� ection before separation near the hinge
line.4

The present study examines the subsonic and transonic convex-
corner (or expansion) � ows (Fig. 1). This is an idealized con� gura-
tion that models the de� ectionof a control surfaceat off-designcon-
ditions. The general characteristics of the � ow� eld include sudden
expansionnear thecornerfollowedby recompression.In general,the
� ow� eld is a pure expansionand recompressiontype at lower Mach
number. At higher Mach number the � ow may expand to supersonic
velocity.The subsonicexpansion� ow is switched to a transonicex-
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pansion � ow. Recompression occurs through a shock wave. As the
Mach number or convex-corner angle increases further, the shock
wave separatesthe boundarylayer.A study of Mason4 indicatedthat
there are two fundamental issues regarding this convex-corner� ow.
It is known that scale effect (or Reynolds number) is important for
the onset of boundary-layer separation. A high Reynolds number
will maintain a stronger adverse pressure gradient than that of the
lower Reynolds number. Because of the limit of the facility, the ef-
fect of Reynolds number is not included in this study. Another key
issue is the condition under which the � ow switches from subsonic
to transonic type. For the present study the effects of convex-corner
angle and freestream Mach number on the transition criterion are
investigated.Before discussingthe resultsof the present study, brief
details of the experiment are outlined next.

Experiment
Transonic Wind Tunnel

ASTRC/NCKU transonic wind tunnel is a blowdown-type wind
tunnel.5 The operatingMach number ranges from 0.2 to 1.4, and the
simulatedReynolds number is up to 20 million per meter. The major
components of the facility include compressors, air dryers, cooling
water system, storage tanks, and the tunnel. Dew point of high-
pressure air through the air dryers is maintained at ¡ 40±C under
normal operation conditions. Air storage volume for three storage
tanksis up to 180 m3 at 5.15 MPa. The 600-mmsquare test section is
1500mm long. In thepresentstudythe test section is assembledwith
solid sidewalls and perforated top/bottom walls. Testing freestream
Mach numbers M 1 are 0.33, 0.64, and 0.83 § 0.01. Also for all of
the tests, stagnation pressure p0 and stagnation temperature T0 are
172§ 0.5 kPa and room temperature, respectively.

For the data acquisitionsystems a NEFF 620 InstrumentsSystem
and a LeCroy data acquisition system are available. The test condi-
tions are recorded by the NEFF system, whereas the LeCroy 6810
waveform recorders are used for surface-pressure measurements.
A host computer with CATALYST software controls the setup of
LeCroy waveform recorders through a LeCroy 8901A interface.
All input channels are triggered simultaneously by using an input
channel as trigger source.

Test Model

The upstream boundary layer is developed along a long � at
plate in the test section. The plate with a 4-deg sharp leading
edge is 150 £ 450 mm and is supported by a single sting mounted
on bottom wall of the tunnel. For the surface-pressure measure-
ments seven instrumentation plates with 0, 5, 10, 13, 15, 17, and
20 deg § 0.1 deg convex angle are fabricated. The instrumentation
plates are 150 £ 150 mm, where the corner is located at 500 mm
from the leading edge of the � at plate. One row of 19 pressure taps,
6 mm apart and 2.5 mm in diameter, along the centerline of each
plate is drilledperpendicularlyto the test surface.Side fencesat both
sides of the instrumentationplate are used to preventcross� ow. This
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Fig. 1 Test con� guration.

investigationcovers the cases where there is no separationand cases
where the boundary layer is extensively separated.

Experimental Techniques

Pressure transducersused for the surface-pressuremeasurements
are Kulite dynamic pressure transducers, Model XCS-093-25A (B
screen). The outside diameter is 2.36 mm, and the sensing element
is 0.97 mm in diameter. Natural frequency is 200 kHz as quoted
by the manufacturer. For surface-pressuremeasurements all of the
pressuretransducersare pottedusing siliconerubber sealant,and the
� ushness is checkedby a machinist’s block to minimize interference
with the � ow. In addition,all of thepressuretransducersare powered
by a TES Model 6102 power supply at 15.0 V. External ampli� ers
(Ecreon Model E713, 12 channels) are also used. With a gain of 20,
the roll-off frequency is about 140 kHz. A typical sampling rate for
all of the tests is 200 ksamples/s (or 5 l s). Each test record samples
131,072 data points for statistical analysis. The data are divided
into 32 blocks. Mean values of each block (4096 data points) are
calculated. Variation of the blocks is estimated to be 0.43% for the
pressure coef� cient C p , which is considered as the uncertainty of
experimental data.

For thepitot-pressuresurveysa Kulitepressuretransducer(Model
XCS-093-25A) is installed inside a probe at 20 mm from the
tip to ensure a fast response. The � attened intake is 2.0 mm
wide £ 0.3 mm high to minimize the displacement effect. A one-
dimensional traversing mechanism is also used to move the pitot
probe vertically. Incoming boundary-layersurveys are conductedat
465 mm from the leading of the � at plate (or equivalent to 35 mm
upstream of the corner). Normalized velocity pro� les appear to be
full (n ¼ 7–11 for the velocity power law). These indicate turbulent
� ow at the measurement locations. The Reynolds number based
on the incoming boundary-layer thickness Re d 0 is 10.0, 14.9, and
16.8 £ 104 for Mach 0.33, 0.64, and 0.83, respectively.

Result and Discussion
Surface-Pressure Distributions

Mean surface-pressure distributions on the centerline of the in-
strumentation plates normalized by the stagnation pressure p0 are
plotted in Figs. 2–4 for seventest casesat M 1 = 0.33,0.64,and0.83,
respectively. The origin of the x coordinate is set at the corner. At
M 1 =0.33, Fig. 2, the mean surface-pressuredistributions appear
similar in shape for all of the convex-corner test cases. The � ows
accelerate upstream of the convex corner and reach the minima just
downstream of the corner. Upstream expansion occurs as a result
of the displacement thickness on the effective local wall surface.
Then the � ows decelerate immediately after the corner (recompres-
sion), and the levels of mean surface pressure tend to equilibrium
values at further downstream locations.The � ow� eld appears to be
a pure expansion and recompression type (or subsonic expansion
� ow). The observationis also made that there are strongerupstream
expansions and steeper downstream recompressions with increas-
ing convex-corner angle. This may imply that the boundary layer
upstream of the corner becomes thin and approaches the case of in-
viscid � ow4 at a larger convex-cornerangle. For M 1 =0.64, Fig. 3,
the � ow is still subsonic for a ·15 deg. However, larger favor-
able and adverse pressure gradients near the corner are observed
compared with those at M 1 = 0.33. At a =17 and 20 deg stronger
upstream expansions are seen, and the � ows expand to supersonic
speed immediatelydownstreamof the corner,where pw / p0 = 0.528
correspondsto the sonic condition.This indicates that the expansion
� ow switches from the subsonic to the transonic type. At further

Fig. 2 Mean surface-pressure distributions, M 1 = 0.33.

Fig. 3 Mean surface-pressure distributions, M 1 = 0.64.

Fig. 4 Mean surface-pressure distributions, M 1 = 0.83.

downstream locations the � ows return to subsonic condition dur-
ing the recompression. This pressure distribution pattern indicates
that there is only a single shock produced under these test condi-
tions, and the initial compressionis just underneaththe shock foot.6

Further, the observationis made that the type of transonicexpansion
� ow results in a much milder return to the � nal equilibrium condi-
tion, as happened in the case of M 1 =0.64 and a =20 deg. For the
cases of M 1 =0.83, the � ows expand to supersonic speed except
for the case of a =5 deg. The upstream expansions are nearly the
same at larger convex-cornerangles. It means that a further increase
of the convex-corner angle has a minor effect on the pressure dis-
tributions upstream of the sonic line. Downstream of the corner, the
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pressure variation is much less severe at the initial recompression,
Fig. 4. The � ows remain at a supersonic condition within the ini-
tial recompression.This implies that the single shock-wave pattern
can switch to a lambda shock-wave pattern,6 in which the initial
recompression is related to the leading oblique shock wave. At a
larger convex-cornerangle (a ¸ 15 deg) the mean surface-pressure
distributions indicate that the � ows still remain supersonic within
the measurement locations. It suggests that the shock wave is more
oblique and a Mach re� ection can form under these test conditions.
Moreover, it is found that there is a distinctivekink of mean surface-
pressure distribution at x ¤ ¼ 2.5 for a = 13 deg. This indicates that
the shock wave separates the boundary layer,which is also observed
from oil-� ow visualizations.7 Further downstreamof the corner, the
� ow is compressed and returns to subsonic through the reattach-
ment process. For a ¸ 15 deg a slow recovery process is observed
associated with a more extensively separated boundary layer.

Mach-number distributions based on the isentropic relations are
shown in Figs. 5–7. For the casesof transonicexpansion� ows, there
is some variationof stagnationpressurethroughthe shockwave.The
isentropicMach number Mis must be used with caution. In general,
it can be seen that the � ow expands suddenly and reaches a peak
Mach number Mp near the corner. For cases with high peak Mach
number,e.g., M = 0.83and a ¸ 15deg,thereis a shortregionofmild
variation of Mach number followed by a sharp Mach-number drop.
This region of mild Mach-number variation is considered as the
region of initial recompression.Also, the sharp Mach-number drop
is roughly the same (D M ¼ 0.23) for the three test cases (a = 15,
17, and 20 deg). No explanationfor the effect is known at this time.

Transition Criterion

The minimum surface-pressure coef� cients C p,min immediately
downstream of the corner are summarized in Fig. 8 for all of the

Fig. 5 Isentropic Mach-number distributions, M 1 = 0.33.

Fig. 6 Isentropic Mach-number distributions, M 1 = 0.64.

Fig. 7 Isentropic Mach-number distributions, M 1 = 0.83.

Fig. 8 Minimum pressure coef� cients.

Fig. 9 Minimum pressure coef� cient with M2
1 ®.

test cases, where the pressure coef� cient C p,min is plotted against
the convex-corner angle a . C p ,min decreases with increasing a and
M 1 . Expansion of the � ows show some linear variation with a
but not with M 1 . Further, M 1 and a are the two major parame-
ters affecting the type of � ow� eld. Thus the hypersonic similarity
parameter8 (M 1 a ) and a similar combined supersonic–hypersonic
similarityparameter9 [

p
(1 ¡ M2

1 ) a ] were examined for scaling the
expansion � ows. However, these parameters were found to be not
applicable for the present test conditions. On the other hand, the
parameter M2

1 a appears to be suitable. In the present study M2
1 a

ranges from 0.54 to 13.78. A correlation of C p,min with M2
1 a is

shown in Fig. 9. The expansionsnear the cornerat higher freestream
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Mach numbers (M 1 =0.64 and 0.83) collapsereasonablywell with
M2

1 a . However, it also shows that the correlation is not applicable
at a lower Mach number (M 1 =0.33). This is reasonablebecauseof
the compressibilityeffect on upstreamboundary-layerdevelopment
and the type of expansion� ow. Further, the slope of C p,min vs M2

1 a
changes signi� cantly at M2

1 a =6.14, which corresponds to a local
Mach number of 0.96 at x ¤ =0.38. Because there is no data point
at the corner, the maximum local Mach number cannot be obtained.
However, it is suggested that the � ow switches from a subsonic
expansion to a transonic expansion under this test condition.

The peak Mach numbers M p for all of the test cases are sum-
marized in Fig. 10. It shows that Mp increases with increasing a
and M 1 . Expansion near the corner is more pronounced at higher
freestream Mach numbers (M 1 = 0.64 and 0.83) than at a lower

Fig. 10 Peak Mach number.

Fig. 11 Normalized peak Mach number with M2
1 ®.

Mach number (M 1 = 0.33). For the transonic expansion � ows, Mp

reaches1.67 in front of the shock wave under the present test condi-
tions. Mp normalizedby the freestreamMach number M 1 is plotted
against the parameter M2

1 a in Fig. 11, where a good correlation of
the normalized peak Mach number with M 2

1 a at higher freestream
Mach numbers is shown. A transitionalbehavior between subsonic
and transonic expansions is observed at M 2

1 a = 6.14.

Conclusions
Experiments are carried out to study the transition of subsonic

and transonicexpansion � ows. At a given freestreamMach number
the mean surface-pressuredistributions show that de� ection of the
physical wall surface has a strong effect on the structure of the � ow
pattern, which can include an attached � ow, a single shock-wave
pattern, a lambda shock-wave pattern, or a possible Mach re� ec-
tion. A typical pure subsonic expansion � ow results in an upstream
expansionand a downstream recompressionnear the corner. As the
freestreamMach numberor convex-cornerangle increases,stronger
expansions and steeper recompressions are observed. The steeper
recompression implies that the boundary layer is thinning and the
� ow can approach the inviscid case. At higher freestream Mach
number and larger convex-corner angle, the � ow switches from a
subsonic expansion � ow to a transonic expansion � ow. The critical
parameter M2

1 a , where this occurs, is about 6.14. The minimum
pressure coef� cient and peak Mach number near the corner can be
scaled with M2

1 a at higher freestream Mach numbers.
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